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Sensitivity of Hydrocarbon Combustion
Modeling for Hypersonic Missile Design

Ryan P. Starkey¤ and Mark J. Lewis†

University of Maryland, College Park, Maryland 20742

Aspects relating to the aerodynamic and propulsive design and analysis of missile-class, waverider-based hy-
personic vehicles are explored in this paper. A quasi-one-dimensional engine model, including the effects of fuel
injection, mixing, chemical production rates, heat transfer, and viscous losses, is developed and utilized to assess
the effects of � nite rate, hydrocarbon chemistry on optimized missile con� gurations. Resultant optimized single-
and double-engine missile designs are shown for changes in fuel mixing length, fuel mixing ef� ciency, fuel-injector
location, and assumed fuel mass fraction. The effects of these different design conditions on the cruise range are
explored, as well as perturbations around these design points for optimized vehicles. Missiles are optimized for
steady-state trim conditions at the beginning of cruise � ight using parallelized genetic algorithm optimization
software developed for this study. All missile designs are assumed to reach cruising altitude and velocity through
the use of an external rocket booster. The missile is geometrically constrained to � t within the 0.61 ££ 0.61 ££ 4.27 m
box limits for a naval vertical launch tube and has a desired cruise range of 750 km at Mach 8. Results show that the
optimized combustor designs were extremely sensitive to small design perturbations. Two engine con� gurations
are shown to be more robust than single-engine models for engine design perturbations.

Nomenclature
A = combustor area, m2

a = acceleration,m/s2

a, b, c, d , f = fuel-injectionconstants
C = coef� cient
D = drag, N; hydraulic diameter, m
h = height, m; enthalpy, J/kg
Isp = speci� c impulse, s
Iy = mass moment of inertia, kg ¢ m2

L = lift, N; length, m
M = Mach number, moment, N ¢ m
MW = molecular weight, kg/mole
m = mass, kg
Pm = mass � ow rate, kg/s
Pr = Prandtl number
p = pressure, N/m2

PQ = heat � ux, W
R = range, km; radius, m
Re = Reynolds number
Nr = normalized radius
S = area, m2

T = thrust, N; temperature, K
t = plate thickness, m
U = velocity, m/s
V = volume, m3

W = weight, N
X = injector locations,m
x , y, z = coordinate directions
Y = species mass fractions
Z = altitude, km
® = combustor function
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¯ = shock angle, deg
° = ratio of speci� c heats
´ = ef� ciency
µ = compression surface angle, deg
· = fuel volume fraction
¼ = fuel mass fraction
½ = density, kg/m3

Á = equivalence ratio
! = angular acceleration, rad/s2

P! = chemical production rate, kg/s

Subscripts

a = air
added = incremental addition to combustor
aw = adiabatic wall
box = box ef� ciency
Cg = center of gravity
c = cone
cap = capture area
cen = centrifugal
e = end of injection; edge of boundary layer
f = fuel; friction
i = individual species
inj = injection
mix = fuel mixing and burning ef� ciency
o = total condition
p = pressure; speci� c heat at constant pressure
s = structure; start of injection
T = transition
tung = tungsten
v = viscous
x = translational direction
w = wave drag; wetted surface area; wedge
z = vertical direction
1 = freestream value

Introduction

W HEN designing waverider-integratedhypersonic cruise ve-
hicles, the general approach is to maximize the lift-to-drag

ratio (L=D) while guaranteeing suf� cient internal volume for pay-
load, fuel, landing gear, avionics, and possibly crew cabin. For a
missile-scalewaverider-basedvehicle the design considerationsare

89



90 STARKEY AND LEWIS

considerably different; the aerodynamic performance and volume
considerations(structural,fuel, and payload)must be coupled to the
necessityof � ttingwithin the highlyconstrictivelaunchshroud.Sat-
isfying the externalconstraintsbecomeseven more dif� cult for non-
axisymmetric missile con� gurations, such as the waverider designs
presented. The considerationof the internal and external geometric
constraints, the desired missile range, and the extremely nonlinear
designspacecreatesa dif� cultoptimizationproblemthat canonlybe
resolved through high-� delity vehicle modeling and sophisticated
optimization techniques. This dif� culty, in part, is caused by the
relatively small magnitude of the net forces involved (i.e., positive
lifting forces can be 20 times the weight, whereas negative lifting
forces are 19 times the weight to result in lift equal to weight).

Although it has long been known that the effects which � nite rate
chemistry would have on the optimization of a vehicle design are
signi� cant, thecomplexityof incorporatingthis typeof computation
into an optimization process (with a realistic computational time)
were overwhelming. This fact is further complicated by the large
number of chemical species and reactions required to analyze the
combustionmechanisms for large hydrocarbonmolecules.With the
advent of newer high-speed computers, along with the implicit par-
allelizationability of genetic algorithms, the feasibilityof including
� nite rate chemistry in an optimization process is possible. Never-
theless, the computational expense for optimization of this type is
still considerable.

Becausethesemissiles are essentially� ying engines,the outcome
(i.e., accuracy)of the design and analysisof the supersoniccombus-
tion ramjet (scramjet)enginehas more in� uenceon the performance
of the missile than any other system. Unfortunately, the combustor
is also the most complex component to analyze correctly.The anal-
ysis is furthercomplicatedby fuel injectionand mixing, starting and
unstarting considerations, energy-exchangemechanisms (combus-
tion and heat transfer),wall-coolingproblems,shockand boundary-
layer ingestion, shock-boundary-layer interactions, pressure vessel
mechanics, unsteady combustion, piloting, � ameholding, and nu-
merous other problems. It is not realistic to attempt to model most
of these phenomena, especially in an optimization process. In the
combustor model presented, some of these issues are dealt with;
however, most are not. The issues investigated are ones on which
there is considerableuncertainty as to what the correct magnitudes
and con� gurations are, such as required inlet conditions, fuel injec-
tion and mixing lengths, combustionmodeling, and requiredengine
dimensions.Of course,by settingtheseparametersthe resultingmis-
sile geometry is mostly � xed because of the maximum dimensional
allowances of naval vertical launch tubes (0.61£ 0.61 £ 4.27 m).
Previous missile design work without the use of � nite rate chem-
istry was presented by Starkey and Lewis.1

Aerodynamic Model
Example single- and double-enginemissile designs are shown in

Figs. 1 and 2, respectively,and can be referred to for understanding

Fig. 1 Example optimized single-engine missile con� guration.

Fig. 2 Example optimized double-engine missile con� guration.

Fig. 3 Inlet geometry and shock system along the keel line for single
engine missiles.

throughout this modeling section. The � owpath in these � gures is
from left to right. As shown in the example vehicles, the missile
keel-line geometries consist of a waverider forebody, a multiple
planar-ramp inlet compression system, a scramjet engine, and a
half-plug nozzle.

Waverider geometries (conceived of by Nonweiler2 in 1959) are
inversely de� ned to have a bow shock attached everywhere to a
sharp leading edge, thereby generating high values of L=D at high
lift coef� cient. The containment of compressed air between the
attached leading-edge shock wave and the vehicle lower surface
generates the high lift-to-drag ratios, as well as, a well-behaved
� ow� eld for delivery into a two-dimensional airbreathing engine.
A secondary bene� t of leading-edge shock attachment is the min-
imization of the amount of energy required for precompressing air
for combustion (i.e., shallower shock angles). Extensive work has
been spent studying and validating these waverider characteristics
theoretically,3 computationally,4 and experimentally.5 The coupling
between forebodyand combustorbecomesevenmore signi� cant for
this missile application as a result of the high inlet pressures and
temperatures needed to combust a hydrocarbon fuel in the length
restricted engine.

A waverider-based forebody is generated using the analytical
variable wedge angle (VWA) method.6;7 The VWA method was
shown to provide the same results as higher-order methods in or-
ders of magnitude less time, thereby providing an ideal forebody
model for anoptimizationprocess.Althoughrestrictedto beingtwo-
dimensional for the width of the engine, the VWA model generates
a con� guration with a three-dimensional shock structure. Single-
engine missile designs use compression on the upper surface of
the forebody to aid in mitigating any excess lift and trimming out
any moment about the center of gravity. A schematic of the inlet
con� guration is shown in Fig. 3. Forebodies of double-enginecon-
� gurations are generated by combining the lower surfaces of two
different forebody designs.8
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Fig. 4 Example scramjet con� guration.

Following the forebody,for the width of the engine(s),are a series
of betweenoneand threesuccessivecompressionramps to createthe
inlet system. The shocks created by the forebody and compression
ramps are all designed to converge at the cowl lip to maximize air
mass capturefor the engine(s),as shown in Fig. 3. The engineheight
is set so that the turning shock off of the cowl lip is canceled at an
expansioncornerat the end of the last inlet ramp. Therefore,the inlet
geometry directly de� nes the engine dimensions, inlet properties,
and air mass � ow rates. By allowing the vehicle height and number
of inlet ramps to vary, these important engine conditions can be
altered to suit the needs of the design in question. Double-engine
missiles are not constrainedto have the same ramp anglesor number
of ramps between the engine different engine � ow paths, althougha
common enginewidth is used to simplifycontrol surface integration
(as explained next). Multiple-engine con� gurations are created by
using the forebody model as just described followed by the two
independent keel lines, as shown by the side view of the example
missile in Fig. 2.

The combustorisdesignedto beconstantarea forhalfof the length
and to have a diverging section for the remaininghalf. The angle for
the diverging section is held constant,but allowed to differ between
designs and engines. This diverging section allows the engine inlet
height to be smaller than a constant-area channel. By allowing an
increase in cross-sectionalarea of the engine, additionalheat can be
released into the � ow while avoiding thermal choking. Within the
engine the starting and ending positionsof the fuel injectors, as well
as the mixing length of the fuel, are set by the variables X injs , X inje ,
and Lmix, respectively. The engine con� guration details are shown
in Fig. 4.

In the conceptionand formulationof this problem, it was deemed
necessary to minimize the possibility of mechanical failures, and
thus, the optionof usingdeployablecontrolsurfaceswas eliminated.
To have effective pitch control, these missile designs incorporate a
portionof the trailing edge of the nozzle(s)as a control surface.The
nozzle trailing edge was considered to be the best place to include
the control surface because the pressures at this point are relatively
low, but higher than freestream, and contribute little to the thrust
of the vehicle (i.e., primarily lifting forces; caused by the nozzle
curvature). The nozzle wall, de� ned by a second-orderpolynomial
(y D Ax2 C Bx C C), is created such that there is an internal noz-
zle followed by an external half-plug nozzle. For simplicity, the
nozzle � ow� eld is calculatedusing the two-dimensional method of
characteristics,9 assuming the control surface is not de� ected. A
centered expansion fan or oblique shock approximation is then ap-
plied as a � rst-order correction to the properties along a de� ected
control surface.

The airframe (everything excluding the engine � owpath) is ana-
lyzed using a modi� ed shock-expansion method, which was de-
veloped for this study.8 Shock-expansion theories10 are inaccu-
rate for this application because they determine the � ow� eld using
Prandtl–Meyer theory (hypersonic slender body theory) assuming
two-dimensional streamlines. Because of the highly curved nature
of these missile airframes (i.e., three-dimensional � ow� eld), the
shock-expansionmethod resulted in an overprediction in peak sur-
face pressureby as much as 50%. The modi� ed method uses a com-
bination of the oblique shock relations and Taylor–Maccoll cone

� ow equations11 to solve the local � ow properties (for compres-
sion)whilemarchingdown “two-dimensional”streamlines.As with
shock-expansiontheory, the local � ow conditions at a point and the
relative inclination angle are used to calculate the properties at the
next point. The blending of the properties predicted by the oblique
shock and Taylor–Maccoll methods is based on the local radius of
curvature in the spanwise direction. This blending method attempts
to simply predict the pressure-relievingeffects a three-dimensional
body has on a two-dimensional streamline approximation to local
� ow conditions. Expansion regions are calculated using traditional
shock-expansiontheory.

The local radius of curvature R is determined in the spanwise
plane

R D [1 C .y 0/2]
3
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with allowable values (for these missiles) between 0 and 1 m. Any
values ¸1 m are assigned a value of 1 m because in the limit of
in� nite radius of curvature cone � ow degrades to wedge � ow (i.e.,
for the purposes of this study, 1 m is assumed to be in� nite because
of the extremely small vehicle width limitation). The radius R is
then normalizedby a characteristicradius of 1 m (empirical to these
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2

4
p

T

M

3

5 D Nr

2

4
pw

Tw

Mw

3

5 C .1 ¡ Nr/

2

4
pc

Tc

Mc

3

5 (2)

where . /w are wedge-� ow values calculated from oblique-shock
theory and . /c are conical-� ow values determined from solution
to the Taylor–Maccoll equations. Results using this methodology
have been validated using Euler computational � uid dynamics
(CFD) calculationsfor optimized single- and double-enginemissile
con� gurations.8 The front half of a single-engine missile is shown
in Fig. 5 with the correspondinganalytical and CFD pressure (atm)
results shown in Fig. 6. The analytical model shown in Fig. 6 has
both the forebody and the side airframe, whereas the CFD solu-
tion only shows the side of the of the forebody that connects to the
side airframe. Calculations were carried out in this manner to sim-
plify grid generation because CFD solutions of the forebody alone
demonstrated that the streamlines were in fact two-dimensional for
the keel-line portion. Using the two-dimensional shock-expansion
method, the peak pressure of 1.05 atm was generated at the side
of the engine; with the modi� ed shock-expansionmethod the peak
pressure was 0.66 atm with under 1% error when compared to the
Euler CFD calculations.

Fig. 5 Single-engine missile validation model (front half ).
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Fig. 6 Modi� ed shock-expansion method validation (pressure
contours).

Viscous drag is calculated with the reference temperature
method12 using Eckert’s empirical estimate for the average
boundary-layer temperature. To keep the model simple, a single
estimate for the wall temperature of 1200 K is used over the entire
vehicle. Dynamic viscosity at the reference temperature is approx-
imated by Sutherland’s law.12 An empirical correlation by Bowcutt
et al.13 for the transition Reynolds number ReT was used in this
study.

log10.ReT / D 6:421 exp
£
1:209 £ 10¡4 M2:641

e

¤
(3)

was used for this study. The correlationshown in Eq. (3) is based on
cone � ow transitiondata. For most of the con� gurationsgeneratedin
this study, the transition region was near the leading edge, resulting
in a mostly turbulent boundary layer.

Structural Model
To concentrate on aerodynamic and propulsive effects and keep

the structural analysis straightforward yet within reason, some ap-
proximations have been made for the mass distribution and struc-
tural/fuel volumes. The missiles have an assumed fuel volume frac-
tion · of the interior volume V . The structure is assumed to be
a constant density shell of tungsten (½tung D 19,255 kg/m3) with a
plate thickness of 3.17 mm. Assuming · is a fraction of the interior
of the tungsten shell and using Jet-A fuel (½ f D 940 kg/m3) results
in an approximate missile weight of

W D g[Sw ttung.½tung ¡ ·½ f / C ·V½ f ] (4)

Because of the uncertainty of what value should be used for the
fuel volume fraction · , cases are examined with values of either 25
or 50%. This parameter was deemed important because different
con� gurations will have different usable volumes. As the vehicle
volume is increased, the volumes of the payload, avionics, pumps,
etc. should remain relativelyconstant, therebyallowingmore useful
volume for fuel. Tungsten was chosen becauseof its largedensity to
accountfor the mass of any payload, avionics, and other subsystems
that might be present. Missiles created using these approximations
have weights on the same order of magnitude as those created for
the SCRAM missile program,14 for which · ¼ 35%.

Combustor Model
To capture all of the desired variations in the combustor ge-

ometry and their associated effects on the chemistry, a quasi-one-
dimensional model was developed by O’Brien et al.15 with partial
basis on derivations given by Shapiro16 and Turns.17 Allowances
were made to accommodate for variable cross-sectional area, in-
clude the effects of friction using a hydraulic diameter approxima-
tion, include the effects of heat transfer with the wall, and allow for
the inclusion of a mixing pro� le, which increments the amount of
combustible fuel. The general equation set is given by
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where Eq. (5) is the conservation of mass, Eq. (6) is conservation
of momentum in the x direction, Eq. (7) is the conservation law for
each species involved, Eq. (8) is the conservationof energy,Eq. (9)
is the equationof state, and Eq. (10) is the conservationof molecular
weight. The . /added terms represent incremental fuel addition terms
to account for staggered mixing ports, fuel availability for combus-
tion, or injection of combinations of various fuels and/or piloting
agents. The variables Yi , MW , PQ 00, P!i , and U represent molecular
mass fraction, average molecular weight, wall heat � ux, chemical
production rates, and velocity, respectively.

The values for area change dA=dx , incremental mass addition
d Pm=dx , and wall heating d[ PQ 00 A]=dx are all assumed to be known
and are used as inputs to solve the following system of equations.
The system has � ve plus i equations (where i is the number of
species) and the same number of unknowns; it is solved in the form:
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The combustor model shown by Eqs. (11–18) was validated
by O’Brien and Lewis18 using experimental results by Billig and
Grenleski19 and Anderson and Gooderum.20 The terms shown by
Eqs. (11–18) form a stiff set of ordinary differential equations
(ODEs); a result of the chemical production terms. To solve this
set of equations, a stiff ODE solver, which could account for dif-
fering timescales, was used (a code named VODPK,21 developed
by Lawrence Livermore National Lab.). VODPK uses a backward-
differencing formula to integrate the set of stiff ODEs. Values for
the individualchemical speciesmolecularweight, speci� c heat, and
reaction rates are supplied by CHEMKIN-II22 for a user-supplied
reaction mechanism. The Jet-A reaction mechanism used for this
study is a subset of the full reaction mechanism from Kundu et al.23

The reduced mechanismconsists of 17 species and 14 reactionsand
was chosen because it has been thoroughly validated by Chang24

and Lewis and Chang.25 This smaller reaction set allows for in-
creased computational savings when combined into the optimiza-
tion package.

The injection model used for this study was created from a curve
� t18 of empirical data for normal injection of hydrogen26 fuel

Áinj D Á
b Nxaec Nx

d Nx C f
(19)

Nx ´
x ¡ X injs

X inje ¡ X injs

(20)

where Áinj is the fraction of the equivalence ratio Á, which has
been injected. The curve-� t constants are a D 0.62925, b D 1.1703,
c D 0.42632, d D 1.4615, and f D 0.32655. The variables X injs and
X inje are the start (s) and end (e) of the fuel injectors, respectively,
as was shown in Fig. 4. The values of Nx in Eq. (19) are only valid
between X injs and X inje . For x < X injs the injected fuel fraction is
Áinj D 0, and for x > X inje all of the fuel has been injected, Áinj D Á.
This injection model merely provides an estimate for a mass ad-
dition pro� le and is not used to simulate the actual combustible
fuel pro� le because hydrocarbon mixing properties will be vastly
different from that of hydrogen.

Also incorporatedinto thismodel are the � exibilityof introducing
a mixing length Lmix and mixing ef� ciency ´mix . The mixing ef� -
ciency is applied globally to the combustor � ow� eld in an attempt
to model fuel dropletsof excess size that add mass to the system, but
never achieve a combustible state. This effectively allows the com-
bustor to carry the extra fuel mass through the computation while
still accounting for the thermodynamic effects of its presence. The
mixing length is applied incrementally to the fuel added between
X injs and X inje to allow the fuel suf� cient length to mix and achievea
combustible state. Therefore, the fuel injected � rst achieves a com-
bustible state at a length of x D X injs C Lmix with the fuel injected
last achieving a combustible state at x D X inje C Lmix. This com-
bustible fuel does not include the inert fuel because of a nonideal
mixing ef� ciency ´mix. Figure 7 shows the fuel mass fraction results
of a sample combustorwith the various injectionand mixing regions
labeled for clarity.

To solve the set of ODEs shown in Eqs. (11–18) for the scram-
jet � ow� eld properties, a marching procedure is used down the
length of the combustor. The solution procedure at each step be-
gins by solving Eq. (11) for the conservation of each species used
in the reaction mechanism. The mass addition rates are known by
the injection model shown in Eq. (19), and the chemical produc-
tion rates P!i are determined by CHEMKIN-II. The solution of the
species mass fraction in Eq. (11) then leads directly to the solu-
tion of Eq. (12) for the molecular weight of the mixture. Using the
known mass injection, area, and heat-transfer distributions along
with the solutions for the species mass fraction and mixture molec-
ular weight, the velocity distribution in Eq. (13) can be solved. The
value for the skin-friction coef� cient is assumed to be turbulent
for the combustor.12 Gas constantsat each step of the combustor are
calculatedusingCHEMKIN-II. The wall heat-transfercoef� cient in
Eq. (13) is determined using Reynolds Analogy with the adiabatic

Fig. 7 Fuel mass fractions for sample injection and mixing pro� les.
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and using the Prandtl number Pr for air of 0.71. The heat-transfer
coef� cient is
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where the hydraulic diameter is

D D 4 dx
Aw

dAw

(23)

and cpm is the speci� c heat at constant pressure for the mixture
(m). Knowing the solution to the velocity derivative, the solutions
to Eqs. (14–16) can be readily calculated for density, pressure, and
temperature, respectively.

Optimization
Optimization of these missile geometries was dif� cult because

of the internal and external constraints, as well as the nonlinear
nature of high-speed aerodynamics and sensitivity of scramjet en-
gines. Varying the magnitudes of many of the design variables by
small amounts often changedan idealmissile con� gurationinto one
that was geometrically infeasible, nonrealistic, or nonfunctioning
(i.e., insuf� cient propulsion or choked � ow). These problems be-
came insurmountable when using a gradient-based optimizer. The
major problem is that the robust gradient methodologies require
initializing and remaining mainly within the feasible design space
(i.e., no gradient information can be generated for infeasible de-
signs). Also, because the design space for this missile is highly
nonlinear and discontinuous (i.e., multiple local optima separated
by infeasible regions) and discrete design variables were necessary
a genetic-algorithm (GA)-based optimization methodology was a
logical solution.

In the simplest sense a genetic algorithm is a random number
based trial-and-errorapproach to optimization.27;28 A genetic algo-
rithm does not need an initial guess to begin the process, rather
it starts with a population of initial solutions and then selects the
best performers to survive and then reproduce. Once the objective
functions have been calculated for an entire generation of con� g-
urations, the GA examines the statistics for the entire population
and then determines the survivors through a tournament selection
process (i.e., randomly picking pairs of chromosomes where the
one with better overall performance for the objective functions sur-
vives). After this, the survivorsare allowed to cross over and mutate
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to determinethe offspring.This processcontinuesuntil an optimum,
or suf� ciently optimum, solution is found.

A pareto-based evolutionary optimization is performed using a
parallelized, � oating-point based, GA package developed for this
study.8 Pareto-optimal solutions are given by chromosomes that
dominate all others for all objective functions, the elite solutions.
Multiple objective functions are solved for simultaneously, and the
relativeperformanceof each is determined.This allows for the most
critical design objective to be given the highest priority when deter-
mining the � ttest chromosomes for reproduction.The GA software
was written to utilizeParallelVirtualMachine,29 a publiclyavailable
code, to enable multicomputer, multiarchitecture, parallelization.
Solutions took between 250,000 and 600,000 function calls (indi-
vidual vehicle designs).Initial, or primer, populationswith which to
start the GA were built using 100,000 function calls for the single-
engine designs and 250,000 functioncalls for the double-enginede-
signs. The actual number of suboptimal vehicles designs generated
from theseprimersets (i.e., designswhich couldbe solved tip-to-tail
without violating a constraint) was on the order of 0.5% for single-
engine missiles and 0.1% for double-enginemissiles. This way the
optimizations were started using as many feasible designs as pos-
sible. Violated constraints were considered anything for which the
vehicle calculationscould not be completed, such as choked engine
� ow, having the planar part of forebody shock not as wide as the
engine, geometric constraints exceeded, etc.

Objective Functions

Because of the pareto nature of the optimization package, nu-
merous objective functions can be solved simultaneouslyand given
weightings in order to determine an overall chromosome � tness.
Every chromosome that results in a complete vehicle design is
rated according to the following objective functions (in order of
importance):

1) Translationalacceleration(ax ): Becauseno trajectoryanalysis
has been included in this present work, thrust is set equal to drag at
the beginning of the cruise altitude (i.e., zero angle of attack).

ax D .T ¡ Dw ¡ Dv/=m (24)

2) Vertical acceleration (az): The net lift at cruise altitude was
constrained to be equal to the initial cruising weight of the missile.

az D .L p C L cen ¡ W /=m (25)

3) Angularacceleration(!): To achievea steady-statecruisecon-
dition, zero pitchingmoment about the centerof gravitywas desired
at zero degree angle of attack.

! D
X

MCg

.
Iy (26)

4) Cruise range (R): The design point used for this study is to
achieve a steady-state trimmed design at the beginningof the cruis-
ing part of its trajectory.The overallobjectiveof this study is to max-
imize the range of the missile at cruise altitude using the Brueget
range equation (assuming that no fuel has been used in reaching
cruise altitude).

R D U1 Isp

³
L p C L cen

Dw C Dv

´ ³
ms C m f

ms

´
(27)

Although the Brueget range equation assumes a constant value of
the vehiclelift-to-dragratio, the error introducedfor these integrated
missilecon� gurationsis minimal becauseof their low overallvalues
of L=D (between about 0.5 and 1.9). The Brueget equationprovides
a simple range evaluationwith minimal effort. The desired 750-km
cruise range for these missiles results in a cruise � ight time of about
5 min at Mach 8. Because Eq. (27) is only valid for T D D and
L D W conditions, the � nal objective function was only assigned
a value if the other three objective functions were within speci� ed
tolerances. If the � rst three functions were not close to the cruise

conditions,the resultingrangewouldbegrosslyexaggeratedcausing
the optimization to diverge.

A volumetric ef� ciency based on box size ´box D V=Vbox D
V=1:59 m3 is used as a � gure of merit to determine how well the
available box size is utilized up by each con� guration. The missile
range should be maximized to some degree by � lling the box size as
much as possible.For the vehicles reported in this study, the volume
used is the structural and internal volume. The volume internal to
the scramjet engines is assumed to be lost and is not included in this
� gure of merit.

Results
The parametric study contained herein varies the magnitudes of

the design parameters for which reasonable approximationsare un-
known. This effort helps to resolve the bounding box of the feasible
design space and determine the most sensitive design parameters.
Some of the design pointsare optimisticwhereas othersare penaliz-
ing. The fuel volume fraction · , fuel mixing and burning ef� ciency
´mix, mixing length Lmix , and fuel injector starting and ending loca-
tions X injs and X inje were deemed the most critical design parame-
ters for this study. Six different cases were optimized for maximum
cruise range with either one or two enginesusing ´mix D 90 or 100%
and · D 25 or 50%. The resultingmissiles from thesevariousdesign
points are shown in Figs. 8–13, with the optimizationdetails shown
in Table 1.

Optimization Study

By lowering the mixing ef� ciency by only 10%, the resulting
optimization shown in case 1 (´mix D 90%) actually achieved a
farther range than the ideal engine optimization shown in case 3

Fig. 8 Case 1: ´mix = 90%, · = 25%.

Fig. 9 Case 2: ´mix = 90%, · = 25%.
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Table 1 Optimized missile results. (Baseline values: M = 8, Lmix = 0.5 m, Xinj = 0.2 m ! 0.3 m)

´mix D 90% ´mix D 100%

· D 25% · D 25% · D 50%

1 Engine 2 Engines 1 Engine 2 Engines 1 Engine 2 Engines
Parameters (Case 1) (Case 2) (Case 3) (Case 4) (Case 5) (Case 6)

Geometric parameters
Ramps 2 1, 1 2 2, 3 2 3, 2
Fuel mass, kg 84 143 98 141 196 296
Missile mass, kg 547 816 563 841 660 918
¼ f 0.154 0.175 0.174 0.168 0.297 0.322
Scap , cm2 720 830, 780 757 711, 807 654 745, 742
Sinlet , cm2 32.2 58.2, 62.4 31.2 37.2, 41.4 32.9 57.1, 47.1
´box 0.264 0.444 0.303 0.439 0.305 0.456
h, m 0.41 0.61 0.45 0.61 0.44 0.61
Z , km 31.8 28.9 30.8 26.2 28.5 23.4
R, km 1432 696 1297 1094 2340 1637

Aerodynamic parameters
L , N 5595 8337 5794 8615 6817 9444
Dw , N 1729 5366 2360 5229 2523 8118
Dv , N 1137 3047 1388 4684 1583 6070
L=D 1.864 0.947 1.477 0.831 1.587 0.637

Combustor parameters
pinlet , atm 1.52 1.44, 0.87 2.37 2.43, 2.35 2.07 2.81, 2.80
Tinlet , K 1335 1283, 968 1482 1112, 1067 1261 1183, 1023
Pma , kg/s 2.44 4.35, 4.09 3.00 5.67, 6.43 3.637 9.16, 9.13
Pm f , kg/s 0.15 0.24, 0.30 0.20 0.12, 0.22 0.24 0.23, 0.29
Á 0.93 0.84, 1.12 1.00 0.32, 0.51 0.99 0.38, 0.48
T, N 2868 4026, 4408 3733 4116, 5780 4115 6240, 7918

Table 2 Perturbation study results. (Baseline values: M = 8, Lmix = 0.5 m, Xinj = 0.2 m ! 0.3 m)

Change in missile thrust, N [% thrust lost]

´mix D 90% ´mix D 100%

· D 25% · D 25% · D 50%

1 Engine 2 Engines 1 Engine 2 Engines 1 Engine 2 Engines
Parameters (Case 1) (Case 2) (Case 3) (Case 4) (Case 5) (Case 6)

Lmix D 0:45 m choked choked choked choked choked choked
[-] [-] [-] [-] [-] [-]

Lmix D 0:55 m ¡1355 ¡1460, ¡1742 ¡1617 ¡394, ¡1832 ¡1963 ¡374, ¡128
[47.2] [38.0] [43.3] [22.5] [47.7] [3.5]

Xinj D 0:15 m ! 0.25 m choked choked choked choked choked choked
[-] [-] [-] [-] [-] [-]

Xinj D 0:25 m ! 0.35 m ¡1348 ¡1436, ¡1474 ¡1607 ¡354, ¡1762 ¡1951 ¡317, ¡107
[47.0] [34.5] [43.0] [21.4] [47.4] [3.0]

´mix D 85% ¡518 ¡746, ¡2187 ¡1266 ¡360, ¡1271 ¡1573 ¡644, ¡634
[18.1] [34.8] [33.9] [16.5] [38.2] [9.0]

´mix D 95% choked choked ¡777 ¡130, ¡251 ¡1140 ¡183, ¡191
[-] [-] [20.8] [3.9] [27.7] [2.6]

(´mix D 100%). This increase in range can be attributed to many
differences between the cases. Because optimization case 1 was
required to pass unburned fuel through its combustor, it required
a slightly larger inlet area and utilized a substantially lower inlet
pressure. Interestingly,the engine used by the missile in case 1 pro-
duced the least thrust of all of the cases, which in turn required it
to be coupled to the most aerodynamicallyef� cient geometry. Cor-
respondingly, the optimized geometry in case 1 had the lowest box
ef� ciency (i.e., volume) and fuel mass fraction of all of the cases.
Because case 1 had about the same weight as case 3, the fact that it
was able to generate a better lifting body with less drag at a higher
altitude indicates the importance of investigatingthe effects of cou-
pled engine/airframe systems together. The overall result was that
case 1, as a result of a poorer engine, required a much more slender
body with lower drag and higher L=D than in case 3.

Although the 10% improvement in optimized cruise range for
case 1 over case 3 is substantial, the more noteworthy result is that
the best engine (case 3) did not produce the best range (case 1) for
the single-enginedesigns.Rather, the performanceof theenginewas
highly coupled to the airframe, which was delivering the required

inlet conditions. This provides an interesting quandary for engine
designersand developers;becausethe best engine (in this restrictive
missile design environment) does not guarantee the best integrated
performance, what engine design conditions should be used?

This same trend in cruise range did not hold for the two engine
missiles in cases2 and 4 for changing the mixing ef� ciencyby 10%.
The two engine con� gurations encountered more dif� culty gener-
ating the lift necessary to match their weight. Although case 2 also
increased its altitude and lowered its inlet pressures compared to
case 4, the resulting range was poor because of an overconstrained
engine geometry. This is shown by the extremely large control sur-
face de� ection needed to generate lift and trim the vehicle moment,
as shown in Fig. 9. Case 4 also had a fairly large control surface
de� ection, but did not have as much moment to trim because its en-
gines were of similar size and position.By designingthe combustor
with the throat always in the middle, the two engine con� gurations
did not have enough � exibility in the design space, resulting in poor
designs.

Cases1–4 were all optimizedusinganestimatedfuelvolumefrac-
tion of 25%; a reasonableassumption for the single-enginevehicles.
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Fig. 10 Case 3: ´mix = 100%, · = 25%.

Fig. 11 Case 4: ´mix = 100%, · = 25%.

Fig. 12 Case 5: ´mix = 100%, · = 50%.

This assumption is penalizing for the two engine vehicles because
the subsystem weight and size would be similar to the one engine
vehicles. The result is that the two engine missiles would have a
larger fuel volume fraction than the single-engine missiles; closer
to the · D 50% estimate used for cases 5 and 6. The ranges for
cases 5 and 6 show a dramatic increase over cases 1 through 4, but
still leave room for uncertainty of which con� guration is superior
(i.e., one or two engines) and which assumption set carries the most
credibility. However, cases 5 and 6 allow for insight into what can
be gained by having heavier missiles with more fuel available.

Fig. 13 Case 6: ´mix = 100%, · = 50%.

Fig. 14 Combustor temperature pro� les for missile case 1.

Perturbation Study

The missiles shown in Figs. 8–13 were all optimized for unique
design points. This was to determine the effects combustion prop-
erties would have on vehicles optimized for maximum range. The
next goal of this study was to see what the effect of errors in the
assumed values for mixing length Lmix , fuel-injector location X inj,
and fuel mixing ef� ciency ´mix would have on the optimized mis-
sile designs. By perturbing the design point of each optimization
in cases 1 through 6, the effects of small unknowns in the design
variables were quanti� ed and were shown to have a large impact
on the vehicle thrust, as shown by the results in the bottom half of
Table 2.

There were a numberof differentdesignperturbationsthat caused
thermal choking in the designspresented.The effect of lowering the
mixing length caused all of the engines to choke, as did moving the
injector locations 5 cm closer to the front of the engine. Cases 1
and 2 also choked for an increase in mixing ef� ciency. The reason
for the thermal choking in these engines is because they were all
designed(optimized)in such a manner that requiredthe fuel ignition
to begin very close to the throat so that the � ow could expand in
the divergingsection to avoid choking.Any changes in the � ow� eld
affected the delicate blend of heat addition through combustionand
cooling throughexpansion,as shown in the temperature pro� les for
case 1 in Fig. 14.

For the remainderof the perturbationswhere thermal chokingdid
not occur, substantialpenalties in the amount of thrust generatedare
noted (up to 48%). These design sensitivities are also understood
by the temperature pro� les shown in Fig. 14. By optimizing the
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missiles for realistic cruise designs points, not enough � exibility
was left in the designs for � uctuations in the � ow� eld because they
all designed to operate at peak performance.

The largest and heaviest missile (case 6) showed the least sensi-
tivity to changes in the combustorvariables.Where other con� gura-
tionshad signi� cant thrust losses formost or all perturbationstested,
case 6 had a peak thrust loss of 9% for the test where the mixing ef-
� ciency was dropped from 100 to 85%. Because of its weight, case
6 had the lowest cruising altitude and highest inlet pressures of all
of the cases. Also, case 6 optimized with the highest air mass � ow
rates and lowest equivalenceratios of all the cases. Case 6 required
the most thrust of all of the cases and had the lowest L=D ratio.

These perturbation results indicate that a more robust engine de-
sign can be found by a combinationof higher inlet pressure, higher
air mass � ow rate, and a lower equivalence ratio. Comparatively,
the single-enginedesigns had much more sensitivity to the changes
in the combustor � ow� eld than the double-enginecases.

Conclusions
The optimized single- and double-enginemissiles con� gurations

were all shown to have noticeable differences for each of the dif-
ferent design points and also for perturbations of the combustion
variables around those design points. The effects of chemistry add
a new element to both optimization and design point selection as a
result of the extremely sensitive and sudden nature of the fuel ig-
nition process. The effects of uncertainty in design variables cause
extremely undesirable changes in the performance characteristics,
most noticeably for the single-engine designs. Decreased sensitiv-
ity to � ow� eld perturbations could be found by designing the en-
gine for optimum conditions,´mix D 100%, X injs D X inje D 0 m, and
Lmix D 0 m, and operating them suboptimally. Theoretically, by al-
lowing the engine this capabilityof handling higher mass � ow rates
the loss of peak performance (on design) would be balanced by the
minimization the off-design performance degradation. By design-
ing the engine assuming ignition at the earliest possible location in
the combustor, any changes in the � ow� eld could only cause the
ignition to move further downstream, possibly avoiding choking. It
is uncertain whether or not this would prohibit ignition caused by
freezing of the � ow at the combustor throat.

In additionto the engine requirementsfor a integratedhypersonic
missile, it was also noted that through the use of suboptimal engine
performance (´mix D 90%) more ef� cient aerodynamic geometries
can be realized.By integrating this effect with the preceding engine
design insights, better airframes could be designed to be coupled
with the engines. Overall, the best engine design for a given set
of conditions does not necessarily ensure the best overall vehicle
performance.
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